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By Charles D. Harris
Langley Research Center
SUMMARY
Experimental data have been obtained on a 10-percent-thick lifting airfoil theoreti-
cally designed for shockless supercritical flow-at a Mach number of 0.78 and a lift coef-
ficient of 0.59 by utilizing a complex hodograph method. The data are compared with the
experimental aerodynamic characteristics of an experimentally designed supercritical
airfoil. At near-design conditions, agreement between the experimental aerodynamic
characteristics of the two airfoils was good. Discrepancies in off-design characteristics
indicate the necessity for evaluating off-design characteristics as part of the design proc-
ess in order to realize the full potential of the complex hodograph method as a design tool.
The results further suggest that a.trade-off between minimum wave losses at the super-
critical design point and acceptable off-design characteristics would be a more realistic
design goal than a single-point shockless design goal.
INTRODUCTION
With the evolution of advanced technology aircraft (ref. 1), cruise speeds have been
extended well into the supercritical speed range where extensive regions of supersonic
flow exist on the wings. This evolution, combined with recent successes in achieving
virtually shock-free flow in wind-tunnel tests of two-dimensional airfoils (for example,
refs. 2 and 3), has given impetus to the development of a practical approach to the theo-
retical design of transonic lifting airfoils with minimum wave losses.
One approach has been the complex hodograph method for the design of shockless
supercritical airfoils reported in reference 4. This mathematical approach was used by
P. Garabedian of New York University to design an airfoil to be shock free (isentropic
recompression) at a Mach number of 0.78, a lift coefficient of 0.59 and with a maximum
thickness-chord ratio of about 0.10. The aerodynamic characteristics of this airfoil were
then measured in the Langley 8-foot transonic pressure tunnel to evaluate experimentally
the validity of the design technique.
*Title, Unclassified.
This report presents the results of this wind-tunnel investigation and compares
them with the aerodynamic characteristics of an improved supercritical airfoil (super-
critical airfoil 26a, ref. 5) which was experimentally developed and refined through exten-
sive wind-tunnel testing with attention to both design and off-design conditions. Theoreti-
cal and experimental results of several other airfoils designed by use of the complex
hodograph method of reference 4 are reported in references 6 and 7.
SYMBOLS
Values are given both in the International System of Units (SI) and in the U.S. Cus-
tomary Units. Measurements and calculations are made in the U.S. Customary Units.





 Sonic pressure coefficient corresponding to local Mach number of 1.0
c chord of airfoil, 63.5 cm (25.0 in.)
V Az
c^ section drag coefficient, > c\ —-
Wake
c\ point drag coefficient (ref. 8)
Ac, drag increment due to shock-wave lossesa,s
cm section pitching-moment coefficient about the quarter-chord point,
\ . ^ / \ .
0 25 - £|^E - > C f0 25 - X) **u
-
zb
 err ALP u-^b c~c~
—cn section normal-force coefficient, / Cp — ~ /
K surface curvature, reciprocal of local radius of curvature
M Mach number
m surface slope, dy/dx
p . static pressure, N/m2 (lb/ft2)
Apt total-pressure loss, N/m2 (lb/ft2)
q dynamic pressure, N/m2 (lb/ft2)
R Reynolds number based on airfoil chord
x ordinate along airfoil reference line measured from airfoil leading edge, cm
(in.)
y ordinate normal to airfoil reference line, cm (in.)
z vertical distance in wake profile measured from bottom of rake, cm (in.)
a geometrical angle of attack of airfoil reference line, deg
Subscripts:





1 airfoil lower surface
u airfoil upper surface
AIRFOIL DESIGN APPROACHES
Airfoil sketches and surface slope and curvature distributions are shown in fig-
ures 1 to 3. Airfoil coordinates are presented in table I. Small surface irregularities
are greatly exaggerated when examined from the standpoint of local curvature. Conse-
quently, the curvature distributions presented in figure 3 were obtained by smoothing the
airfoil coordinates and then fairing a curve through the curvature distribution calculated
from these smoothed coordinates.
Experimentally Designed Airfoil
There seems to remain little doubt that for all practical purposes, a shock-free
transonic flow can be realized experimentally. (See ref. 9.) During early phases of the
NASA supercritical airfoil development program, an essentially complete elimination of
the shock wave was achieved in a very narrow range of flow conditions. (See ref. 2.) It
was later concluded, however, that off-design performance would suffer, particularly at
normal-force coefficients below the design value, if undue emphasis was placed on a
single-point shockless design goal.
The airfoil referred to herein as the experimental airfoil is an improved 10-percent-
thick supercritical airfoil (supercritical airfoil 26a, ref. 5) which was developed and
refined through extensive wind-tunnel testing with attention to both design and off-design
conditions. This airfoil had good drag rise characteristics over a fairly wide range of
normal-force coefficients from about 0.30 to 0.65 with no perceptible drag creep (gradual
buildup of boundary layer and shock losses preceding drag divergence). The drag diver-
gence Mach number varied from approximately 0.82 at cn = 0.30 to 0.78 at cn = 0.80.
Theoretically Designed Airfoil
Much of the material contained in this section is comprehensively discussed in ref-
erence 4 but repeated in abbreviated form herein for convenience. The detailed mathe-
matics is beyond the intended scope of this report, however, and is not included.
The complex hodograph method. - The complex hodograph method of reference 4 is
a technique for computing airfoil sections with shock-free transonic flow about them at a
specific Mach number and angle of attack. It is an inverse solution whereby a smooth
transonic potential flow is computed and then the body which generates the flow
determined.
Briefly, the method is based on extending the physical plane and the hodograph plane
into complex space where the problem of mapping from the complex hodograph space to
the complex physical space is solved as a characteristic initial-value problem using a
finite-difference scheme. With suitable selection of initial parameters, the method will
generate shockless airfoil shapes (isentropic streamlines) in the real physical plane.
Vi'scous considerations.- The potential flow thus computed is supposed to be the
inviscid flow outside the boundary layer of the actual airfoil. It has become increasingly
apparent, however, that to arrive at any meaningful results in transonic flow problems,
account must be taken of viscosity since the position and strength of the shock terminating
a region of supersonic flow and the phenomenon of flow separation are strongly influenced
by the.presence of the boundary layer. (See, for example, ref. 10.) For this investiga-
tion the true geometric airfoil generating the computed flow was approximated by super-
imposing the effects of viscosity on the inviscid solution. This approximation was accom-
plished by subtracting from the calculated airfoil a displacement thickness obtained from
a boundary-layer prediction scheme based on the method of Nash and MacDonald (ref. 11)
using the calculated inviscid pressure distribution. Such a procedure is analogous to the
development of the experimentally designed airfoil where the desired pressure distribu-
tion was developed in the wind tunnel on an effective airfoil shape which included both the
geometrical airfoil and the boundary layer generated by the flow.
Design considerations.- In practice, some of the initial input to the design program
may be determined by requiring the solution (airfoil shape) to satisfy certain require-
ments. The theoretical airfoil was required to be approximately 10 percent thick and to
be shock free at a Mach number of 0.78 and a lift coefficient of about 0.6. These basic
design guidelines were chosen because they were within the likely range of advanced tech-
nology aircraft applications, and because data on an experimentally designed airfoil with
the same general design conditions were available for comparison.
Another design requirement was that after subtracting the boundary-layer displace-
ment thickness, a thickness-chord ratio at the trailing edge of about 0.007 remains. This
design consideration was established to provide a consistent basis for comparison with
the experimental airfoil, which had a trailing-edge thickness-chord ratio of 0.007.
Resultant theoretical airfoil.- The airfoil shape before boundary-layer adjustment,
theoretical design surface pressure distributions, and the shape of the supersonic zone
are shown in figure 4. At design conditions, the supersonic region is large and extends
over about 70 percent of the upper surface.
The boundary-layer scheme predicted separation near the 99-percent-chord station
where the adverse pressure gradient at the trailing edge seemed to be overpredicted.
Because of the overthickened boundary layer associated with this predicted separation
region, irregularities appeared in the surface coordinates when the boundary-layer dis-
placement thickness was subtracted from the design coordinates. Because such irregu-
larities were not expected to occur physically, it was necessary to smooth the rear 7 or
8 percent of the upper surface.
To simplify model construction, the coordinate system of the theoretically designed
airfoil was rotated so that it could be wrapped around an existing wind-tunnel model
(supercritical airfoil 26a). These resultant coordinates, which include the boundary-
layer displacement thickness adjustment and referred to hereafter as the theoretical air-
foil, are the coordinates presented in table I.
Figures 1 and 2 show a remarkable similarity between the theoretical and experi-
mental airfoils. The most significant dissimilarity is in the curvature distribution over
the rear upper surface (fig. 3) which strongly influences off-design characteristics. Dis-
similarities over the lower surfaces should not be significant since experience has indi-




The wind-tunnel models, mounted in an inverted position, spanned the width of the
tunnel with a span-chord ratio of 3.43. They were constructed with metal leading and
trailing edges and with a metal core around which plastic fill was used to form the con-
tours of the airfoils. Angle of attack was changed manually by rotating the model about
pivots in the tunnel side walls. Sketches of one of the airfoils mounted in the tunnel and
the profile drag rake are presented in figure 5 and a photograph of one of the airfoils and
the profile drag rake mounted in the tunnel is shown as figure 6(a). Although not included
in the sketches of figure 1, a trailing-edge cavity (fig. 6(b)) shown in reference 12 to have
a favorable effect on the wake was included on both airfoils.
Wind Tunnel
The investigation was conducted in the Langley 8-foot transonic -pressure tunnel.
This tunnel is a continuous-flow, variable-pressure wind tunnel with controls that permit
the independent variation of Mach number, stagnation pressure and temperature, and dew-
point. It has a 2.16-meter-square (85.2-inch-square) test section with filleted corners
so that the total cross-sectional area is equivalent to that of a 2.44-meter-diameter
(8-foot-diameter) circle. The upper and lower test-section walls are axially slotted to
permit testing through the transonic speed range. The total slot width at the position of
the model averaged about 5 percent of the width of the upper and lower walls.
The solid side walls and slotted upper and lower walls make this tunnel well suited
to the investigation of two-dimensional models since the side walls act as end plates and
the slots permit development of the flow field in the vertical direction.
Boundary-Layer Transition
Based on the technique discussed in reference 13, boundary-layer transition was
fixed along the 28-percent-chord line on the upper and lower surfaces of the models in an
attempt to simulate full-scale Reynolds numbers (fig. 7) by providing the same relative
trailing-edge boundary-layer-displacement thickness at model scale as would exist at
full-scale flight conditions. The simulation technique, which requires that laminar flow
be maintained ahead of the transition trip, is limited on the upper surface to those test
conditions in which shock waves or other steep adverse pressure gradients occur behind
the point of fixed transition so that the flow is not tripped prematurely. Full-scale simu-
lation on the lower surface would be valid through the Mach number range of the investi-
gation since laminar flow can be maintained ahead of the trip for all conditions. The
transition trips consisted of 0.25-cm-wide (0.10-inch) bands of number 90 carborundum
grains.
In order that the experimental results for the theoretically designed and the experi-
mentally designed airfoils be consistent, the theoretical boundary layer discussed pre-
viously was calculated at a Reynolds number of 20 x 10" with transition occurring between
the 6- and 7-percent-chord line.
Measurements
Surface-pressure measurements.- Normal force and pitching moments acting on the
airfoils were determined from surface static-pressure measurements. The surface-
pressure measurements were obtained from a chordwise row of orifices located approx-
imately 0.32c from the tunnel center line. Orifices were concentrated near the leading
and trailing edges of the airfoil to define the severe pressure gradients in these regions.
In addition, a rearward-facing orifice was included in the cavity at the trailing edge
(identified at an upper surface x/c location of 1.00). Actual orifice locations are
included in tables II and HI. The transducers used in the differential pressure scanning
valves to measure the static pressure at the airfoil surface had a range of ±68.9 kN/m2
(10 Ib/in2).
Wake measurements.- Drag forces acting on the airfoils, as measured by the
momentum deficiency within the wake, were determined from vertical variations of the
total and static pressures measured across the wake with the profile drag rake shown in
figure 5(b). The rake was positioned in the vertical center-line plane of the tunnel,
approximately 1 chord length rearward of the trailing edge of the airfoil. The total-
pressure tubes were flattened horizontally and closely spaced vertically (0.36 percent of
the airfoil chord) in the region of the wake associated with skin-friction boundary-layer
losses. Outside this region, the tube vertical spacing progressively widened until in the
region above the wing where only shock losses were anticipated, the total-pressure tubes
were spaced apart about 7.2 percent of the chord. Static-pressure tubes were distributed
as shown in figure 5(b). The rake was attached to the conventional center-line sting mount
of the tunnel which permitted it to be moved vertically to center the close concentration of
tubes in the boundary-layer wake.
Total and static pressures across the wake were also measured with the use of dif-
ferential pressure scanning valves. The transducer in the valve connected to total-
pressure tubes intended to measure boundary-layer losses had a range of ±17.2
(2.5 lb/in2); and the transducer in the valve for measuring shock losses and static pres-
sure had a range of ±6.9 kN/m2 (1 lb/in2).
Reduction of Data
Calculation of cn and cm.- Section normal-force and pitching-moment coeffi-
cients were obtained by numerical integration (based on the trapezoidal method) of the
local surface-pressure coefficient measured at each orifice multiplied by an appropriate
weighting factor (incremental area).
Calculation of c^.- To obtain section drag coefficients, point drag coefficients were
computed for each total-pressure measurement in the wake by using the procedure of ref-
erence 8. These point drag coefficients were then summed by numerical integration
across the wake (also based on the trapezoidal method).
Wind-Tunnel Wall Effects
Two main types of wind-tunnel-boundary interference effects which may be treated
separately are solid and wake blockage at zero lift and lift-induced interference. Block-
age effects are theoretically small for this particular model-tunnel configuration (for
example, ref. 14); consequently, no corrections have been applied to the data to account
for blockage effects. Lift interference manifests itself as an effective upward inclination
(relative to the tunnel center line) of the stream approaching the inverted model. This
flow angularity is proportional to the amount of lift generated by the model and results in
the aerodynamic angle of attack being less than the measured geometric angle of attack,
particularly at the higher lift coefficients. Experience has indicated, however, that the
correction required to account for lift interference effect is generally much smaller than
would be predicted by theory and because of this uncertainty, the uncorrected geometric
angles of attack are used herein.
TEST CONDITIONS
Tests were conducted at Mach numbers from 0.50 to 0.83 for a stagnation pressure
of 0.1013 MN/m2 (1 atmosphere). The stagnation temperature of the tunnel air was auto-
matically controlled at approximately 322 K (120° F) and the air was dried until the dew-
point in the test section was reduced sufficiently to avoid condensation effects. Resultant
test Reynolds numbers based on the airfoil chord are as shown in figure 7.
PRESENTATION OF RESULTS
The data contained in this report are arranged in the following figures:
Section force and moment characteristics -. . . 8
Summary of section drag coefficients 9
Drag divergence Mach numbers 10
Representative pressure distribution at cn values near 0.6 11
Drag due to wave losses 12
Theoretical and nearest experimental pressure distributions 13
Representative wake profiles 14
Subcritical drag levels 15
Chordwise pressure distributions 16 to 26
The wake profiles in figure 14 are representative of the momentum losses as indi-
cated by stagnation pressure deficit across the wake. The middle section of these pro-
files reflect viscous and separation losses in the boundary layer, whereas, the "wings"
of the profiles reflect direct losses in stagnation pressure across the shock waves. Drag
increments due to shock-wave losses (Acj _] may be determined from integration of the
\ d's/
drag measured across the wings. Drag divergence Mach number shown in figure 10 was
defined as the point where the slope of the curve of section drag coefficient as a function
of Mach number equaled 0.1.
DISCUSSION
Theoretical Airfoil
Basic aerodynamic characteristics.- Figures 9 and 10 indicate that near the design
normal-force coefficient of 0.60, drag divergence occurs at a Mach number slightly higher
than the design Mach number of 0.78. The drag increments shown in figure 12 also indi-
cate that wave losses at cn = 0.6 did not become significant until Mach numbers greater
than about 0.79.
The theoretical airfoil experienced a gradual buildup of drag with increasing Mach
number (referred to as drag creep) over the range of normal-force coefficients in fig-
ure 9. For cn values of 0.55 and 0.60, the drag level dips near the design Mach num-
ber to a level below the subcritical (M = 0.50) drag level.
The increase in drag preceding the dip in the drag of the theoretical airfoil may be
associated with the nature of the leading-edge recompression as illustrated in figures 11.
.Between M = 0.50 and 0.70, the increase was due to the influence of the recompression
on the boundary layer since there are no perceptible wave losses at cn = 0.6 in fig-
ure 12. As Mach number was increased to 0.74, wave losses began to appear.
Since wave losses appear in figure 12 to be about the same as M = 0.74 and at
near-design Mach numbers, the dip in the drag must be accounted for by factors other
than wave losses. Several interrelated factors are involved. First, and most important,
the adverse interaction of the shock wave with the boundary layer would vary with Mach
number. Figure 11 shows how the shock wave changes location and character as M
increases from 0.74 to 0.78 and 0.79. Second, natural boundary-layer transition would be
expected to occur ahead of the transition trip at the lower Mach number because of the
pressure gradient through the forward recompression. As the Mach number increased
above 0.74, the point of natural transition would move rearward to the transition trip
(x/c = 0.28); thus, the extent of turbulent boundary-layer losses is reduced. Third, the
lower drag level at near-design Mach numbers than at subcritical Mach numbers would
be partially due to the reduced skin-friction losses at the higher test Reynolds number.
(See fig. 7.)
Comparison of design and experimental pressure distributions.- A comparison
between the computed pressure distribution and the nearest experimental pressure dis-
tribution is shown in figure 13. As with the Mach number discrepancy noted in the drag
characteristics, the nearest experimental pressure distribution occurred at a Mach num-
ber (M = 0.79) about 0.01 higher than the design Mach number (M = 0.78).
A cursory analysis of this experimental pressure distribution would indicate that
shockless flow was not achieved experimentally since a rather abrupt recompression is
evident in the vicinity of the 60-percent-chord station. The wake profiles (fig. 14) and
incremental drag attributed to wave losses (fig. 12) at these conditions, however, suggest a
somewhat different interpretation. Although not truly shockless from a theoretical view-
point, the airfoil approaches a minimum wave loss condition from an engineering viewpoint
since only about four counts of wave drag (Ac^
 g = 0.0004] may be associated with this
pressure recompression. Profiles with such innocuous shock waves are in accordance
with the concept of isentropically reducing the fieldwise extent of wave losses incorporated
into supercritical airfoils. As Mach number was increased to 0.80, the shock wave moved
rearward where it began to merge with the trailing-edge recovery and significant wave
losses resulted. (See figs. 12 to 14.)
It is interesting to compare the local upstream Mach number entering the shock
wave in the experimental pressure distributions of figure 13 with the generally accepted
rule of thumb that with a normal shock wave, upstream Mach numbers of 1.15 can be
tolerated without a drag rise. The local Mach number entering the shock wave (after
some gradual recompression) of the M = 0.79 distribution (circle symbols) was approx-
imately 1.1 whereas that of the M = 0.80 distribution (square symbols) had risen to
almost 1.2 with a.corresponding increase in wave losses.
The best drag-divergence characteristics (M = 0.81, fig. 10) seemed to occur at a
normal-force coefficient of about 0.5, which is below the design value. Figure 12 shows
that wave losses are practically zero at these conditions. The corresponding surface
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pressure distribution is shown in figure 24(d). These data suggest an empiricism that
would involve specifying that the theoretically derived airfoil satisfy a slightly higher
normal-force coefficient requirement than the desired design value.
Comparison With Experimental Airfoil
Aside from simply establishing the experimental characteristics of an airfoil theo-
retically designed for shockless transonic flow, it was the purpose of this investigation to
see how these experimental characteristics compare with those of a supercritical airfoil
experimentally designed for similar conditions.
Normal-force and pitching-moment characteristics.- Displacements in the normal-
force and pitching-moment characteristics shown in figure 8 were due to the relatively
lower aft camber of the theoretical airfoil.
Drag characteristics.- The subcritical drag levels (summarized in fig. 15 for
M = 0.50) were generally lower for the theoretical airfoil. The pressure profiles of fig-
ure 16 indicate that the lower subcritical drag levels are due to the influence on the bound-
ary layer of the lower leading-edge velocity peaks (less negative value of cpj and the less
adverse pressure gradient near the trailing edge. Such differences in the pressure pro-
files are, in turn, related to the minor physical differences between the two airfoils; the
lower leading-edge velocity peak to the smaller leading-edge radius (table I), and the
reduced adverse pressure gradient near the trailing edge to the lower aft camber. Up to
normal-force coefficients near 0.6, the experimental airfoil did not evidence drag creep
like that experienced by the theoretical airfoil (fig. 9) because of the more favorable
recompression over the forward upper surface of the experimental airfoil.
Around the design normal-force coefficients f approximately cn = 0.5 to 0.6J and at
Mach numbers near those at which drag divergence occurs, the drag levels of the theo-
retical airfoil are a little lower than those of the experimental airfoil because of the pre-
viously discussed dip in the drag rise curves. However, there was good agreement in the
drag divergence Mach numbers (fig. 10) at these, and higher, normal-force coefficients.
At normal-force coefficients less than 0.5, the drag divergence Mach numbers for
the theoretical airfoil leveled off and were lower than those of the experimental airfoil.
The poorer drag divergence characteristics at these low off-design conditions are caused
by an overexpansion of the flow in the vicinity of the 70-percent chord (see, for example,
figs. 24 and 25) with attendant boundary-layer and wave losses (fig. 12). The overexpan-
sion was due to the relatively higher upper surface curvature (fig. 3) of the theoretical
airfoil in this region.
Necessity for off-design considerations.- Although the aerodynamic characteristics
of the two airfoils were generally very similar, subtle, but significant, differences were
11
present. These differences suggest that undue emphasis should not be placed on a single-
point shockless design but that off-design behavior must be considered. The data also
imply that in a practical situation, a more realistic design approach would be a trade-off
between minimum wave losses at design conditions and acceptable characteristics at off-
design conditions. Certainly, off-design characteristics cannot be ignored.
Evaluation of the Complex Hodograph Method
Overall, the experimental aerodynamic characteristics of the airfoil designed by the
complex hodograph method were excellent. In addition, except for several off-design
characteristics of the theoretically designed airfoil [drag creep and reduced drag diver-
gence Mach numbers at low cn) which were not as good as those of the experimentally
designed supercritical airfoil, agreement between the two airfoils was generally good.
The results indicate that if used in conjunction with an adequate analysis program
to evaluate off-design behavior, the complex hodograph method can be a valuable design
tool.
CONCLUSIONS
The experimental aerodynamic characteristics of a 10-percent-thick airfoil theo-
retically designed to be shock free at Mach 0.78 and normal-force coefficient cn of 0.59
have been evaluated and compared with those of an improved supercritical airfoil experi-
mentally designed for similar design conditions. The results indicate the following major
conclusions:
1. Except for slight degradation at off-design conditions (drag creep and reduced\ \drag divergence Mach numbers at low cn), the experimental aerodynamic characteristics
of the theoretical airfoil compared well with those of the experimentally designed airfoil.
2. Undue emphasis on a single-point shockless design goal would more than likely
compromise off-design characteristics. A more realistic design goal would be a mini-
mum wave loss design point which would also provide acceptable off-design
characteristics.
3.'The complex hodograph design method can be a valuable design tool if used in
conjunction with an adequate analysis program to evaluate off-design characteristics.
Langley Research Center,
National Aeronautics and Space Administration,
Hampton, Va., May 21, 1974.
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TABLE I.- SECTION COORDINATES






















































































































































































































































































































TABLE I.- SECTION COORDINATES - Concluded
























































































































































































































TABLE II.- SURFACE PRESSURE DISTRIBUTIONS; EXPERIMENTAL AIRFOIL (26a)
(a) a = -0.5°
LP AT -
X/C H'0.50 M=0.60 H-0.70 M»0.74 N*0.76 M-0.7H 1 H-0.79 H=u.bJ H'0.81 H-0.82 H-0.83 X/C
































































































































































































































































































































































































































































































































































































































































































































TABLE H.- SURFACE PRESSURE DISTRIBUTIONS; EXPERIMENTAL AIRFOIL (26a)
(b) a - 0°
- Continued
CP AI -










































































































































































































































































































































































































































































































TABLE II.- SURFACE PRESSURE DISTRIBUTIONS: EXPERIMENTAL AIRFOIL (26a) - Continued
(c) a = 0.5°
(.f «T -
X/C M=0.50 H=0.60 M=0. 70 H»0.74 H-0.76 H*0.7b












































































































































































































































































































































































































































































































TABLE II.- SURFACE PRESSURE DISTRIBUTIONS; EXPERIMENTAL AIRFOIL (26a) - Continued
(d) a = 1.0°
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TABLE II.- SURFACE PRESSURE DISTRIBUTIONS; EXPERIMENTAL AIRFOIL (26a) - Continued
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TABLE II.- SURFACE PRESSURE DISTRIBUTIONS: EXPERIMENTAL AIRFOIL (26a) - Continued
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TABLE m.- SURFACE PRESSURE DISTRIBUTIONS; THEORETICAL AIRFOIL
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TABLE III.- SURFACE PRESSURE DISTRIBUTIONS; THEORETICAL AIRFOIL - Continued
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TABLE III.- SURFACE PRESSURE DISTRIBUTIONS: THEORETICAL AIRFOIL - Continued


































































































































































































































































































































































































































































































































































































TABLE III.- SURFACE PRESSURE DISTRIBUTIONS: THEORETICAL AIRFOIL - Concluded
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Figure 4.- Theoretical inviscid shockless lifting airfoil with indicated Mach lines in
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Figure 8.- Comparison of force and moment characteristics of experimental
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Figure 9.- Variation of section drag coefficient with Mach number of experimental
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Figure 13.- Comparison of design and experimental pressure
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